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Abstract: Satellites are playing vital role in the astronomical study by scientific community. 
Whereas making a bigger satellite, catering complex mission requirement for scientific study is not 
viable due to huge realization duration and launch cost. Configurations of astronomical study satel- 
lites are quite different compared to earth observation satellites, in such a way that payloads of former 
may demand rotating mechanisms. A cost effective spinning satellite configuration is studied to meet 
the payload rotation requirement for space astronomy exploration. On the other hand, accomplishing 
the essential requirements is a challenge viz. power generation, stringent payload pointing, attitude 
updates, telecommand establishment, telemetry links, visibility to data reception ground station for a 
spinning satellite. This paper is intended to bring out the complexity involved and the systems engi- 
neering concepts adopted to achieve the mission goal, mainframe elements redundancy, positive en- 
ergy balance and high systems reliability to build a cost effective spinning small satellite. 


Keywords: polarization, spinning satellite, stringent attitude pointing, mission complexity, Thermal 
Control. 


Introduction 


In spite of continuous research and several finding about the universe, evolution of universe is among 
the great puzzles of cosmology. In last few decades, satellites have played great role in understanding 
various phenomena of universe. A variety of satellites are dedicated to unveil and explore the truth 
of cosmological background of our universe. A few satellites are launched to study polarization of 


cosmic microwave background (CMB) radiation that gives us access to the comprehension of uni- 
verse. Satellites like COBE, SAMPAN, PLANCK missions are launched in different orbits to study 
the CMB in different energy bands in last few decades. 


COBE spacecraft was launched in year 1989 and carried three instruments, a Far Infrared Absolute 
Spectrophotometer (FIRAS), a Differential Microwave Radiometer (DMR) and a Diffuse Infrared 
Background Experiment (DIRBE) (Boggess, 1992). The purpose of the COBE mission was to take 
precise measurement of diffuse radiation between | micrometer to 1 centimeter over whole celestial 
sphere. Satellite mass was approx. 2270 kg and was placed in operational dawn-dusk sun synchro- 
nous orbit at an altitude of 900km. At this orbit with spin axis orientation, instrument performed 
complete scan of celestial sphere every six months. This mission provided very precise measurement 
and helped to understand many theories of big bang. This mission assisted cosmologists into a new 
era of precision measurements and provided way for deeper exploration of microwave background. 


PLANCK satellite approximate mass of 1950kg is located at Lagrange L2 orbit and surveyed whole 
sky (Mandolesi N, et al., 2002). Instrument was spinning at high speed and half sky was surveyed in 
1 to 3 days. The main objective of PLANCK satellite was to map the radiation from Big Bang with 
improved sensitivity and resolution, and testing theories of the birth and evolution of universe. 


The aim of SAMPAN mission is to detect the primordial gravitational waves through the observation 

of the predicted B-mode polarization anisotropies. SAMPAN was a spinning satellite and was built 
to carry out full sky survey at high sensitivity of the CBM polarization. Satellite mass was ~1600kg 
and was located on the Lagrange L2 orbit (Desert, 2007). 


The main scientific objective of ROSAT mission was the performance of the first X-ray all sky 
survey in the energy band from 0.1 keV to 2.4 keV with an imaging telescope (Elmar, et al., 2003). 
Also the mission objective was to observe the selected source in pointed mode after the completion 
of sky survey. Main instrument onboard ROSAT was a Position Sensitive Proportional Counter 
(PSPC) and High Resolution Imager (HRI). The mass of ROSAT was ~2421kg and was launched in 
a circular orbit of altitude 580 km with an inclination of 53° (Rupp & Schneiders, 1992). ROSAT 
mission has been so far the most fruitful X-ray astronomy observatory. 


Study shows Satellites are offering wide range of applications including scientific study of astronomy 
depending on the types of payload onboard. The demand for astronomical study satellites is increas- 
ing day by day tremendously by scientific community. Whereas making a bigger satellite, catering 
complex mission requirement for scientific and planetary study is not viable due to huge realization 
duration and launch cost. Almost all satellite launched till date for space astronomy study are in large 
size (> 1000kg). (Diaz, et al., 1986) focuses on the new approaches on spacecraft systems design with 
cost cutting for planetary and solar systems exploration missions. Configuration of astronomical 
study satellites are quite different compared to earth observation satellites, since the cosmic X-ray 
sources to be studied in space are light-years away from Earth and at different coordinates which 
needs stringent payload pointing accuracy. Many payloads involved for space observations demand 
rotating mechanisms which are relatively complex compared to the Earth observation satellites. If 
payload needs to be rotated around its viewing axis along with inertial pointing to study multiple 
cosmic X-ray source polarisation aspects (i.e. degree and direction of polarization measurements), 
calls for a complex 3-axis gimbal rotating mechanisms of heavy mass in order to meet the 3-axis 
stabilized satellite’s essential requirements viz. power generation, establishment of telecommand, 
telemetry links, visibility to data reception ground station. Usage of payload rotation mechanisms 
calls for slip rings to interface all the power and signal lines between payload and spacecraft, which 
makes the reliability aspects into skeptical. 


As an alternate, development of a spinning/rotating satellite to meet the payloads requirements pro- 
vides high reliability along with the challenges of power generation, thermal management, attitude 


updates, stringent pointing requirement, links to telemetry, telecommand and ground station visibil- 
ity. Due to this spinning satellite methodology, the payload observation is limited intermittently in 
every orbit to cater battery charging and attitude updates. 


Astronomical observations are mainly done for X-ray sources imaging, intensity measurement, spec- 
troscopy and polarization measurement. X-ray Spectroscopy and polarization measurement are car- 
ried out by scientists in different energy band for the different known X-ray sources using the polar- 
imetry instrument onboard satellite. The objectives of this Polarimetry satellite mission are to meas- 
ure polarization of X-rays in the energy band 8-30keV emanating from about 50 potential cosmic 
sources through Thomson Scattering by polarimetry payload, to carry out long term spectral and 
temporal studies of cosmic X-ray sources in the energy band 0.8-15keV by spectroscopy payload and 
to carry out polarization and spectroscopic measurements of X-ray emissions from cosmic sources 
by both payloads in the common energy band. 


Thus, a small and low cost spinning satellite configuration is studied for the mission objective with 
complete spacecraft bus elements redundancy. High system reliability of mission is met with mini- 
mum design changes in subsystems elements and proper interfacing between the required subsys- 
tems, without increasing the spacecraft budget compared to the earth observation satellite. Current 
work focuses on the challenges in development of this small satellite, launch and achieving the reli- 
ability. 


System engineering and satellite realization 


System engineering plays crucial role in the realization of a successful system. To accomplish a 
complex mission like polarization measurement, with less complex instrument, system engineering 
requirement is unavoidable for handshaking each element with other to achieve the defined mission 
objective (Hirshorn, 2016), (Fortescue, et al., 2011). System engineering enables the realization of 
successful systems by identifying suitable system configuration. System engineering activity starts 
from the concept studies to till the disposal of the mission. A system engineering project life cycle 
begins with a need and goes through different stages to achieve the goal and finally completion and 
disposal at the end of the project. From the start to the completion and disposal are divided into 
different phases by different organizations. ISRO satellite project life cycle is divided into seven 
phases as shown in Figure 1, similar to of NASA (Hirshorn, 2016), (Shiotani, et al., 2014) project 
life cycle for end to end design and development. For the Design and development of polarimetry 
satellite identical life cycle approach is used with rigorous systems engineering approach for the 
subsystems. 


Pre-Phase 0 Phase 0 Phase | Phase 2 
Concept Study and Preliminary De- Design and Fab- 
Project Formation sign and Configu- rication (CDR) 
SSPO, SP) (ADCOS, SPAC) ration (BDR, 


Concept Studies 
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Phase 5 Phase 4 Phase 3 
Mission Disposal Mission Opera- System Assembly, Integration and Test, 
(MOCB) tions (MOCB) Launch (CoDR, SRC, MOR, PSR, FRR, 
LAB) 


Figure 1. ISRO Spacecraft Project Life Cycle 


All satellite development passes through the defined system engineering life cycle phases. The tran- 
sition from one phase to next phase happens through the identified reviews. These reviews are appli- 
cable based of the project or systems heritage. Project life cycle begins with the user requirement. 
User requirement is provided by Earth Observation System (EOS) office, Space Science Programme 
Office (SSPO) and Special Project (SP) depending on the type of mission. The concept study to meet 
the user requirement is conducted by a group of experts from different areas and Project report is 
prepared and submitted to Advisory Committee of Space Science (ADCOS) or SPAC in Phase 0 of 
spacecraft life cycle. After approval project will move to phase 1, where various reviews termed as 
the Base Line Design Review (BDR), the Preliminary Design Review (PDR), the Detailed Design 
Review (DDR) are conducted. The BDR is conducted mostly for new subsystems to mark the com- 
pletion of study phase. The PDR is held after the breadboard model activity of the new subsystems 
is completed and a preliminary design is made available to the project. The DDR is held subsequent 
to the PDR when a detailed design is available for all the new subsystems and new processes. The 
recommendations of the DDR committee include improvements in the configuration, design, com- 
ponents and processes used to meet the mission requirements. At phase 2 of life cycle, the CDR is 
held after the qualification model of the satellite/subsystems has been subjected to various environ- 
mental tests and the test results are available. The recommendations by the CDR committee are either 
additional tests to be conducted, if required or giving the go-ahead for the realization of the flight 
model. The phase 3 of spacecraft realization is system assembly, integration and testing and launch. 
A series of reviews like Comprehensive Design Review (CoDR), Standing Review Committee 
(SRC), Mission Operation Readiness (MOR), Pre Shipment Review (PSR), Flight Readiness Review 
(FRR) and Launch Authorization Board (LAB) meetings are conducted at the completion of different 
stages. On successful completion above mentioned reviews, satellite is launched. The phase 4 activity 
covers the initial on-orbit tests (IOT), Commissioning of payloads, Overall spacecraft health checks, 
Streamlining of regular mission operations and data dissemination. These activities are reviewed by 
Mission Operation and Control Board (MOCB). At the end of mission life, the same board recom- 
mends the decommissioning plans and disposal of the satellite. 


Configuration study of spinning polarimetry satellite 


Main mission objective of this polarimeter satellite studied is to measure the polarization of X-rays 
in the energy band 8-30keV emanating from the 50 potential cosmic sources through Thomson scat- 
tering technique as shown in Figure 2 and to carry out long term spectral and temporal studies of 
cosmic X-ray sources in the energy band of 0.8-15keV. Polarimeter satellite is being built to meet 
the set goals of scientific community with optimum cost and with spacecraft full redundancy. All 
mainframe elements and two payloads are accommodated in Indian Mini Satellite-2 (IMS-2) bus 
(satellite bus/mainframe mass ~250kg and payload mass ~200kg). Satellite is configured as spinning 
about the payload viewing axis to measure the polarization of the X-ray photons emitted by cosmic 
sources. Power requirement is met by fixed solar array panels, stowed during the launch and deployed 
on orbit. Payload operation will be carried out only during eclipse. During every orbit, battery charg- 
ing is done in Sunlit period, payload operation with spinning is done in eclipse period. Two orbits 
are dedicated for data downlinking operation. RF systems consists of S-band digital TTC receiver, 
S-band TTC transmitter, X-band data transmitting systems, Satellite positioning systems (SPS) and 
respective antenna systems. However, IMS-2 Bus was originally configured for dawn-dusk polar 
orbit for maximum power generation. But using this bus for spinning satellite with low inclined orbit, 
calls for many structural and electrical changes. The paper mainly deals with the challenges faced in 
modifying the IMS-2 Bus for low inclined orbit spinning satellite and which further get compounded 
due to limited size of bus, power and mass budget limitations, mechanism simplifications and strin- 
gent mission requirements. 
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Figure 2. Photon polarization direction determination (courtesy: Payload team, RRI Bangalore) 


Mission definition and mission profile. The beauty of project lies in the mission realization chal- 
lenges and meeting mission requirements. This influenced almost all the controlling parameters in- 
cluding the satellite configuration, thermal management, power generation, attitude control and so 
on. Satellite is planned to be launched in low inclination (6°-10°) circular orbit of altitude 650km to 
meet the mission objective. The celestial source observation is planned during eclipse period only, 
due to critical constraints for maximum power generation, battery charging and thermal management 
requirements. Satellite is operated in three modes to cater power generation requirement, thermal 
control, payload operation and data download. The three modes are namely, 1). Sun pointing mode, 
2). Source pointing mode and 3). Station pointing mode. During sun pointing mode, satellite is ma- 
noeuvred to keep the solar panel perpendicular to sun vector for maximum power generation, and 
battery panel away from earth albedo to maintain its temperature limits. Satellite is not spinning and 
kept stationary during this mode. In source pointing mode, satellite is manoeuvred to keep the pay- 
load pointing axis towards the identified source with accuracy of +0.1°. During payload operation, 
satellite is made spinning at 0.2 rpm about payload viewing axis. During station pointing mode, sat- 
ellite is manoeuvred to keep the data downlink antenna towards ground station. Typical mission pro- 
file for celestial X-ray source observation is shown in Figure 4 and payload data downlink in X-band 
is shown in Figure 5. 
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Figure 3. Spacecraft configuration 
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Figure 4. Typical mission profile for a celestial X-ray source observation 
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Figure 5. Typical mission profile for payload data downlink in X-band 


Orbit definition & Inclination requirement. Orbit selection criteria is based on mission life of ~5 
years, avoiding high energy charged particles background region that effects the performance of po- 
larimetry payload, minimizing South Atlantic Anomaly (SAA) transit region as shown in Figure 6 
for longer observation of celestial X-ray sources and ground station visibility for data downlink. The 
South Atlantic Anomaly (SAA) is an area where the earth’s inner Van Allen radiation belt comes 
closest to the earth’s surface, dipping down to an altitude of 200 km. This leads to an increased flux 
of energetic particles and exposes orbiting satellites to higher than usual levels of radiation. In this 
region gas filled proportional counter based payload’s operation has to be avoided by reducing the 
high voltage to the anode wires. Orbit altitude is selected such that during the mission life minimum 
or no maintenance is required for observation of celestial X-ray sources that are light-years away. 
Orbit altitude above 700km and inclination greater than 30° is not desirable for the payload as the 
satellite will pass through high energy charged particles background region. Thus considering the 
optimum SAA pass duration and ground station visibility in all the ~14 orbit passes per day, space- 
craft orbit altitude of 650km and 6° inclinations is selected. 
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Figure 6. South Atlantic Anomaly (courtesy: Mission team) 


Structure configuration. Spacecraft is configured on modified Indian Mini Satellite(IMS-2) bus, 
which is designed to meet the stiffness, strength and pointing requirements of the payloads and the 
sensors with optimized bus volume. The spacecraft structure has two modules, namely the Main 
Platform (MPL) and the Payload Instruments Module (PIM). The payloads are accommodated on 
PIM deck. Few of the panels are embedded with heat pipes to meet the thermal requirement of pay- 
load elements. 


Thermal design and control. The thermal design is unique in many aspects and is governed by 
Mission requirements. Thermal control for the spacecraft elements is challenging because of spinning 
satellite. Because of higher reliability and simplicity, a passive thermal control system is employed 
using OSR, MLI, surface treatment, thermal paints, thermal control tapes, quartz wool insulation, 
diffuser plates, isolators and heat pipes. Auto Temperature Control (ATC) heaters are used to main- 
tain temperature within limits. During satellite manoeuvring, reaction wheels’ heat dissipation is ap- 
proximately 6 times more than normal operation which is managed by suitable thermal control ele- 
ments. 


Generally, battery temperature needs to be maintained at 15°+5°C and is mounted anti sun side. But 
in case of spinning satellite during the sun pointing mode of operation, all equipment panels are 
equally exposed to thermal load (from sun), whereas earth albedo load is more on the panel which is 
towards earth. To maintain the battery panel which is on —yaw, at low temperature during sunlit 
period, orbit definition constructed such a way that it ensures that +yaw remains nearer to the Earth. 
The orbit definition construction is shown with schematic along with orbit definition below. 


Attitude is constructed in such a way that -Pitch points towards Sun. 
Pitch (P) = —Sun, Orbit Normal(ON) = SPos x SVel 


(Spos: Spacecraft Position Vector from the satellite to earth centre; SVel: Spacecraft Veloc- 
ity vector) 


1. If angle between Orbit Normal (ON) and Sun is less than 90 deg. 
Roll (R) = P x ON 
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Equator plane 


—Roll (—R) = SVel 


2. Else if angle between Orbit Normal (ON) and Sun is greater than 90 deg. 
Roll (R) = ON x P 


°<@ < —23.5° 


in JOE 


Roll (+R) = SVel 


This definition of orbit ensures that, the satellite will be non-spinning during sunlit period and battery 
panel will always avoid earth albedo. 


Telemetry Tracking and Telecommand RF Configuration. Telemetry, Tracking and Telecom- 
mand (TTC) RF transponder configuration is of non-coherent type consisting of S-band digital tel- 
ecommand and ranging receiver, Phase Locked Loop (PLL) based telemetry and ranging transmitter, 
and Omni directional antenna systems unlike any earth pointing satellites Figure 7. In case of earth 
pointing mission to establish reliable RF link during initial launch phase and on-orbit phase near 
Omni-directional coverage is achieved in combination with a wide beam width main antenna with a 
Null-filling antenna (NFA) shown in Figure 8(a). In the present scenario of spinning satellite this 
configuration will not give 100% coverage. TTC antenna systems near 100% coverage is obtained 
as shown in Figure 8(b) by using two wide beam Quadrifilar Helix (QFH) antennae with compara- 
tively low gain, hemispherical coverage and orthogonal circular polarization (RCP & LCP). Two 
QFH antennae systems, one with RCP and other with LCP combined by diplexer network are used 
for both TTC uplink and downlink. Both antennae are mounted on the opposite face of the spacecraft. 
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Figure 7. Block diagram of onboard RF system 


Earth viewing side Earth viewing side 


Main Antenna coverage Main-1 Antenna coverage 


a 
st 


RCP RCP 


Sete 


Seoeeeocecocoenceee 
ts = 


ebetets 


oO 

Nn 
4 

ee 
reese 

+ 

oo 

n 


f 
( 
Es 
2 
I 


Sd +105° 
Null region 


1° 
Null region 


-135° +135° 


v 


+180° 
Anti Earth viewing 


1 
NFA c : 
“4 ee Main-2 Antenna coverage 


. 18. 
Anti Eatth viewing side 


a. Conventional TTC antenna system configura- b. Typical antenna system with near 100% coverage 
tion covering about 85% of radiation sphere us- using RCP and LCP antennas 
ing RCP antennas 


Figure 8. TTC antenna system configuration 


Satellite positioning Systems. Satellite positioning Systems (SPS) configuration comprises of 12 
channel multi GNSS Receiver at L1 and L5 frequencies for reception of NAVIC, GAGAN & GPS 
constellations signal. SPS computes the satellite’s state vectors and outputs the same to Onboard 
Computer (OBC) using Mil-Std-1553B protocol. Micro strip patch antennae are mounted on anti- 
earth viewing panel of spacecraft with clear field of view in case of earth pointing mission, which is 
not possible in the current scenario of spinning satellite. In this mission, SPS is configured such that 
sufficient number of GPS satellites visibility is available in all three mission modes 1.e. sun-pointing, 
source pointing and data download mode. This is achieved by mounting the SPS antennae one set as 
close to positive pitch axis of spacecraft and another set towards the negative pitch with clear field 


of view. The Table 1 and Figure 9 shows the antenna requirement and the number of satellites visi- 
bility during different modes of operation. The worst case analysis based on extreme space co-ordi- 
nates of identified celestial source is studied and plotted as shown in Figure 9 (b. & c.). 
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Table 1: SPS receiver antennae requirements and their mounting 


Attitude Mode Antenna required 
Celestial Source Pointing Positive Pitch mounted 


Earth Pointing Positive or Negative Pitch mounted 
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Figure 9. GPS Satellites visibility in different modes of operation 


Spacecraft Power Management. Spacecraft power requirement is met by solar array panels on- 
board and also power is stored in the battery to use during exigencies like manoeuvring and eclipse. 
IMS-2 bus offers rigid deployable solar array panels. This satellite solar array is designed to meet the 
load requirement of 645W peak (during manoeuvre) / 432W (during sunlit) nominal with various 
offsets under favourable conditions as demanded by payload operations and durations / angles con- 
strained by energy balance requirements. Two winged 6 solar array panels (i.e. 3 solar array panels 
per wing) are considered to meet the main frame systems and payloads power and energy balance 
requirement. The Table 2 shows the power generation during summer solstice (SS) by the solar panel. 


Energy storage is done by an indigenously fabricated single Li-ion battery of 78Ah nameplate capac- 
ity. The power Battery capacity requirement is decided considering energy requirement during 
eclipse period, maximum allowed depth of discharge (DOD), number of charge/discharge cycles and 
allowed discharge rate (C/2) and charge rate (C/5). Payload operation is carried out only during 
eclipse in order to meet the positive energy balance and thermal management constraints. 


Table 2: Power Generation of solar array 


Power Generation at SS 


1317 
1145W (with 1String Failure) 


Attitude & Orbital Control Systems. The Attitude & Orbital Control Systems (AOCS) consists of 
sensors (Star Sensor, 42 Sun sensor, Inertial Reference Unit, Digital triaxial Magnetometer and Sat- 
ellite Positioning Systems), control electronics and actuators (Reaction Wheel, Thrusters and Mag- 
netic torquers) to carry out attitude and orbit control of the spacecraft. Based on analysis and available 
Magnetic field in low inclination orbit, it was observed that three magnetic torquers of 20 A-m? 
capacities mounted along yaw, roll and pitch axes are sufficient to meet the dumping requirements 
of this satellite whereas two torquers are sufficient for other counterpart satellites. The OBC generates 
signals for the actuators, as a function of attitude errors and operating modes, to provide the desired 
orientation and stability of the spacecraft to take care of the various disturbance torques acting on it. 
During stellar pointing, payload requires rotation rate of 1.2 degree/sec (1.e. 0.2rpm) about +ve Pitch 
axis, which as per configuration is the payload viewing axis. AOCS pointing and drift rate specifica- 
tions are provided in Table 3. 


Table 3: AOCS pointing and drift rate during celestial source observation 


Inertial Stellar Pointing 


£0.1° forall 3x0 
+1.0x10%°/s (30) about all 3-axes 


In case of spinning satellite with different mission modes and maneuvering, multiple star sensors are 
required to get sufficient updates and redundancy. But in this polarimeter satellite to achieve attitude 
updates, only two star sensors are used due to accommodation constraints. An excellent temperature 
compensated Inertial Reference Unit (IRU) is used along with star sensors to achieve the pointing 
accuracy during spinning, inertial pointing and non-availability of star sensor update. The IRU with 
star sensors are mounted on the spacecraft such that in spite of failure of any one star sensor, attitude 
update can be achieved during sun pointing mode and source pointing mode from the other one. To 
survive the mission with any one Star sensor failure, following boundary conditions for star sensor 
accommodation is followed. 1). At least before spin starts a mandatory update is required even if one 
Star sensor fails. 2). During forward manoeuvre, update availability is desirable. 3). During sunlit 
mode, update availability can be relaxed. 4). During spin mode in case of one Star sensor fails inter- 
mittent updates are sufficient. The star sensor to sun and albedo angle constraints are 40°. During sun 
pointing mode, both sensors are mounted to meet the sun avoidance angle constraint. At this scenario, 
star sensor to earth angle variation for few orbits is shown in Figure 10 (a). Similarly during source 
pointing mode, star sensor to earth angle variation for few orbits is shown in Figure 10 (b). It is 
evident that one of the star sensors update available during different modes while meeting the above 
mentioned star sensor mounting boundary conditions. 
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(b). Source pointing Mode 


Figure 10. Star sensor mounting analysis for different modes 


Based on analysis and available Magnetic field in low inclination orbit, it was observed that three 
magnetic torquers of 20 A-m? capacities mounted along yaw, roll and pitch axes are sufficient to 
meet the dumping requirements of XPOSAT. 


Discussion and conclusion 


System engineering is a blend of art and science, and to achieve the mission objectives, a systematic 
disciplined approach is needed. To accomplish a project goal smoothly, overall processes of system 
engineering is divided into multiple phases like feasibility studies, detailed definition, design & tech- 
nology development, preliminary design, final design & fabrication, system assembly, integration & 
testing and verification. This paper highlights the system engineering activities involved for the sub- 
system design changes and interfaces in the spacecraft for the complex celestial observation satellite 
with respect to the conventional earth observation satellite in low earth orbit (LEO). 


The payload needs to be rotated to achieve high sensitivity requirement to measure the linear polari- 
zation of X-ray emissions from cosmic sources at 2-3% level and to enable the same detector to view 
the scattered radiation (X-ray photons) from different azimuthal angles. The payload rotation require- 
ment is met by rotating the spacecraft itself at 0.2 rpm. Whereas spacecraft rotation invites other 
challenges, like power generation, ground station visibility, thermal management, sensors attitude 
acquisition & tracking constraint, SPS antennae accommodation constraints to acquire/track GPS 
satellites and obtain state vector updates. Satellite rotation or having a 3-axis gimbal rotating mech- 
anism for payload is a tradeoff between spacecraft configuration complexity and reliability. A 3-axis 
gimbaled payload rotating mechanism could have made spacecraft subsystems elements design sim- 
ple, like any other earth pointing satellites. The usage of payload rotation mechanisms calls for slip 
rings to interface all the signal lines between payload and spacecraft, additional mass for complex 
mechanism elements and hold down and release mechanisms (HDRM) to hold against the launch 
load and to deploy in orbit, which makes the reliability aspects into skeptical. Also rotation of the 
payload at fixed rate around its viewing axis with inertial pointing accuracy of +0.1° during celestial 
X-ray source observation is another challenge. Thus the requirement of scan/rotation of payload is 


achieved by maneuver/orientation and rotation of spacecraft. With the minimum changes in subsys- 
tems elements design and appropriate interface between the required subsystems, high system relia- 
bility of mission is met without increasing the spacecraft budget compared to the earth observation 
satellite. This mission ensures the reliability and redundancy aspects of mainframe and payload sys- 
tem while achieving the mission goal successfully. 
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